For the large mean incidence angle, a separation bubble formed at the leading edge of the suction surface.
The separated flow field was found to have a destabilizing influence in the leading edge region for the 180 degree interblade phase angle used in the study.
In this paper, the aerodynamics of a cascade of airfoils executing torsion mode oscillations is investigated for subsonic and transonic Mach numbers using the airfoil cross-section from Buffurn et al. 6 . For an inlet Mach number of 0.2, results will be presented for a low mean incidence, attached flow condition and a high mean incidence condition with leading edge separation.
Results are presented for a Mach number of 0.8 for the high mean incidence condition with leading edge separation. Low incidence angle data for this Mach number were not obtainable because the cascade choked at a Mach number of 0.7 at 0°c hordal incidence. Additionally, some Mach 0.5 data will be used for comparison. For details concerning the Mach 0.5 data, see Reference 6. Reduced frequencies of 0.4 and 0.8 are presented.
The low incidence data are correlated with predictions from a linearized cascade unsteady aerodynamics code.
FACILITY AND INSTRUMENTATION

Oscillating Cascade
The NASA Lewis Oscillating Cascade, Fig. 2 
_Airfoils
The airfoils used in this study have a cross-section similar to that found in the tip region of current low aspect ratio fan blades.
The airfoil section was designed using the Pratt & Whitney fan and compressor aerodynamic design system, which is for flow in circular ducts. Hence, to simulate the two dimensional conditions to be encountered in the linear cascade, the airfoils were designed using a radius ratio of 0.99. The loading levels, losses, solidity, and stagger angle are consistent with current design practice for fan blades. The airfoil cascade parameters are given in Table l; refer to Fig. 4 for definitions of the geometry. over a cylindrical cavity. Slots were machined into the airfoil surfaces to allow the transducer diaphragms to be mounted flush with the airfoil surface and to serve as passages for the wire leads. Once the transducers were installed, each slot was filled and smoothed to the airfoil contour, and each transducer was coated with RTV (room-temperature-vulcanizing rubber) for improved durability and conformance with the airfoil profile. To provide isolation from airfoil strain, each transducer was potted in RTV. The pressure sensitive diameter was 0.7 mm (0.8% of the airfoil chord).
The transducers were located on the upper surface of one airfoil and the lower surface of another airfoil. There were 15 transducers per surface. The locations, the same as those of the midspan pressure taps (Fig. 5(a) ), vary from 6 to 95% of chord. The transducer thickness relative to the airfoil thickness was the limiting factor in placing the transducers closest to the leading and trailing edges; at these locations, the airfoil thickness was chosen to be at least twice the transducer thickness.
Static calibration of the transducers was performed at NASA Lewis Research Center. Each blade was installed in a calibration chamber, the ambient pressure of which was controlled using a vacuum pump.
The U'ansducer electronics and the data acquisition system were identical to those used during all of the calibrations and the unsteady experiments. The response for each transducer was linear. The calibrations were repeatable -changes in sensitivities were typically less than 0.25% between calibrations.
To determine the frequency response of the transducers, a resonant tube assembly similar to that used by Capece and Fleeter" was used to excite the transducers with acoustic waves. The assembly consists of a 20.3 cm diameter, 4.6 m long plastic tube with a speaker mounted at one end. An instrumented airfoil was mounted at the opposite end of the tube, which was open to atmosphere.
Amplified sine waves were used to drive the speaker which in turn created acoustic waves in the tube for excitation of the transducers.
The resulting pressure transducer responses were flat to frequencies in excess of I000 Hz within +2% in magnitude and ±3 degrees in phase.
During the experiments, the pressure transducers are subject to maximum accelerations in excess of 300 times that due to gravity. Acceleration deflects the transducer diaphragm and thus produces apparent pressure signals.
Calibration was used to correct for this effect. Each blade was oscillated in a chamber with low ambient pressure (1.2 kPa) over the range of frequencies encountered in the experiments.
The mode of oscillation was identical to that used in the cascade. Through Fourier analysis of the resulting signals, the transducer responses as a function of oscillation frequency were determined. Second degree polynomial curves were found to fit the calibration data well; the calibration coefficients were used to correct the experimental data. For example, at 370 Hz, the correction for the upper surface leading edge transducer was 2.6 kPa.
DATA ACQUISITION AND ANALYSIS
Unsteady signals from the pressure transducers and the proximity probe were recorded using a Teac XR-7000 VHS tape recorder. During tape playback, the signals were simultaneously digitized at rates typically 10 times the oscillation frequency, with 16,384 samples taken per channel. Each channel of data was divided into blocks with 1024 samples, windowed using a Harming window, then Fourier transformed to determine the first harmonic of each block. The f'u'stharmonic of each block was referenced to the airfoil motion by subtracting from it the phase of the first harmonic motion signal (from the proximity probe) of the corresponding block. Once all of the blocks from a channel were decomposed in this manner, the first harmonic block results were averaged and the complex-valued acceleration response was subtracted vectorally.
The motion of the nth airfoil is defined by the change in the incidence angle with time:
The first harmonic unsteady pressure coefficient is defined as
The pressure difference coefficient is defined to be the difference between the lower and upper surface unsteady pressure coefficients:
The unsteady aerodynamic moment coefficient for a flat plate airfoil is defined as Overall, the periodicity is good.
From the leading edge to 30% of chord on the upper surface, the position 1 _ values are somewhat larger that the rest. On the lower surface, the position -1 values tend to be less than the others, with the larger differences again being toward the leading edge. Cascade pressure ratio and Reynolds number for the steady flow conditions are given in Table 2 .
There is excellent agreement between the data and the SFLOW predictions up to about 80% chord. Af_ of this location the predictions show a steep pressure gradient as the trailing edge is approached, whereas the upper surface data do not have this trend and the lower surface data have a more gradual pressure gradient. The discrepancy in the data-theory correlation in this region is attributed to the airfoil modification and viscous effects.
The predicted static pressure ratio for the cascade was 0.994.
Increasing the incidence angle to 10° (Fig. 8) changes the behavior of the cascade so that now there is flow separation off the leading edge of the airfoil upper surface and a net pressure rise across the cascade. Cascade periodicity is improved xelative to the low incidence data.
Increasing the inlet Mach number to 0.8 while maintaining the 10°incidence angle (Fig. 9 ) does little to change the steady pressure coefficient distribution from that for M=0.2. Low incidence, M=0.g data are not available because, at cL= 0°, the cascade choked at M=0.7.
To visualize the flow, the airfoil surface was coated with an oil-pigment mixture. At 10°incidence, separation from the upper surface was evident.
The largest separated region was found at midspan; there, the flow was separated from the leading edge to about 40% of chord. Near the endwalls, the separation bubble extended to about 7% of chord. Between midspan and the endwalls, the reattachment region was defined by a smooth arc.
This qualitative description is independent of inlet Mach number.
To quantify three-dimensional effects in the steady flow, pressure taps were placed at several different spanwise locations of the blade upper surface. Despite the three-dimensional nature of the separation bubble, Fig. 10 shows that the midspan and 35% span pressure distributions are nearly identical. Over the fast half of the airfoil, the 17.5% span data for the upper surface differ from the other data. 
Unsteady Aerodynamics
Unsteady pressure data will be presented for out-of-phase Airfoil upper surface pressure spectra for these two conditions are shown in Fig. 13 . At low incidence, Fig. 13(a) , the spectra are dominated by the response at the oscillation frequency, and only in the measurement nearest the leading edge is there a significant higher harmonic response. In conwast, the high incidence spectra, Fig. 13(b) , show higher harmonics at all locations encompassed by the steady flow separation bubble.
However, the first harmonics are still dominant. On the basis of these data, increasing the Mach number appears to increase the cascade stability when the flow is separated. However, because the stability is strongly dependent on the unsteady aerodynamics near the airfoil leading edge, the question of the stability of this airfoil section cannot be definitively answered. I) The steady mean flow was found to separate from the leading edge and reattach at 40% chord at 10 degrees of chordal incidence.
To further
While the separation zone was found to decrease in the endwall regions, the flow was shown to be two dimensional in the midspan region where the steady and unsteady aerodynamic response measurements were quantified.
2) The passage-to-passage periodicity was found to be good 
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